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AND 30-PERCENT-CHORD TRAILING-EDGE FLAP 
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SUMMARY 
An investigation has been made at supersonic speeds of some of the 
factors affecting the flow over a rectangular wing having a symmetrical 
circular-arc section and a 30-percent-chord trailing-edge flap. Results 
obtained over a Mach number range from 1.62 to 2.40 and at a Reynolds 
number of 1.07 x 106 indicated that the laminar-flow separations and the 
breaks or shifts in the section force and moment curves previously 
encountered experimentally at M = 1.62 also occurred at the higher 
test Mach numbers. When the boundary layer was made turbulent by fixing 
transition, the flow separations were eliminated or reduced and the 
agreement between the experimental and theoretical pressure distributions 
and aerodynamic coefficients was generally greatly improved. A decrease 
in the wing thickness from 9 percent to 6 percent not only improved the 
drag and the lift-drag characteristics of the wing but also slightly 
increased the flap effectiveness. 
INTRODUCTION 
As a result of the large number of airplanes and missiles being 
designed for the supersonic speed range, a great need has arisen for 
information on which to base the design of supersonic controls. In 
order to meet this need, a number of theoretical and experimental inves-
tigations of the aerodynamic characteristics of controls at supersonic 
speeds have been made (for example, references 1 through 12). Theo-
retical flap characteristics alone are inadequate, however, because of 
the existence of shock- boundary- layer interaction effects not considered 
in the theory . Most of the experimental investigations so far reported, 
on the other hand, have been limited to the transonic or low supersonic 
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Mach number range and to three- dimensional control surfaces . In addition, 
the investigations were confined to techniques that determine only the 
over-all characteristics of the control and give little or no insight 
into the reasons for the discrepancies between the theoretical and 
experimental results . 
An investigation in the Langley 9-inch supersonic tunnel of the 
interaction effects by means of pressure distributions and by schlieren, 
shadowgraph, and liquid-film- flow observations was , therefore , undertaken 
to determine the nature and magnitude of the interaction effects for a 
three-dimensional rectangular wing with a trailing- edge flap. In the 
initial phase of the test program, which is presented in reference 13, 
Reynolds number effects in the range from 0 . 55 x 106 to 1 . Q7 x 106 on 
the flow phenomena in an essentially two-dimensional-flow region and in 
a region influenced by the wing tip were investigated at a Mach number 
of 1.62 on a 9-percent-thick wing having a symmetrical cir cular- arc 
section and 30- percent-chord trailing-edge flap . Laminar separation was 
found to occur on the low- pressure side of the flap near the trailing 
edge and on the high-pressure side of the flap near the hinge line for 
the range of Reynolds number tested. In the present paper, the effects 
on separation and on the aerodynamic characteristics of the wing of 
varying the wing thickness from 9 percent to 6 percent and the Mach 
number from 1.62 to 2.ho at a Reynolds number of 1.07 x 106 are pre-
sented. The effects of fixing boundary- layer t r ansition, of flap-gap 
leakage, and surface condition and model a~etry are also covered . 
The results of an analytical investigation for the development of 
an approximate method of accurately predicting the pressur e distributions 
over the test wing in the regions influenced by the wing tip were reported 
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( PL q- p) pressure coefficient 
pressure-rise ratio across shock 
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ratio of maximum thickness of airfoil section to airfoil 
chord length 
chordwise distance from wing leading edge in terms of 
airfoil chord length (positive rearward) 
vertical distance from plane of wing chord in terms of 
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angle of attack (acn ) 
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rate of change of section pitching-moment coefficient with 
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with flap deflection (aCh) 
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section-flap effectiveness parameter 
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Subscripts outside the parentheses around the partial derivatives indi-
cate the variables held constant when the derivatives are taken. 
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APPARATUS AND METHODS 
Wind Tunnel 
The investigation was conducted in the Langley 9-inch supersonic 
tunnel, which is a continuous-operation closed-return tunnel with pro-
visions for the control of the humidity and pressure of the enclosed 
air. Changes in test Mach number are provided by interchangeable two-
dimensional nozzle blocks fOrming test sections approximately 9 inches 
square. Eleven fine-mesh screens in the settling chamber ahead of the 
nozzles aid in keeping the turbulence in the tunnel test section at a 
low level. For qualitative visual-flow observations, a schlieren optical 
system is provided. During the tests, the quantity of water vapor in the 
tunnel air was kept sufficiently low so that the effects of water con-
densation in the supersonic nozzle were negligible. The pressure in the 
tunnel was adjusted to provide the desired Reynolds number for the tests. 
Models 
Three models were used in the investigation: two pressure distri-
bution models of 9- and 6-percent thickness for pressure measurements and 
shadowgraph studies and a schlieren model of 9-percent thickness for 
visual-flow observations . All models had 3- inch chords and rectangular 
plan forms and were equipped with 30-percent-chord full-span plain 
trailing-edge flaps . The airfoil sections in streamwise planes were 
symmetrical circular arcs having included angles between the wing upper 
and lower surfaces at the leading and trailing edges of 20.60 and 13.70 
for the case of the 9- and 6-percent-thick wings, respectively. All 
wing tips were cut off in planes parallel to the free-stream direction 
and perpendicular to the airfoil span. 
The models were machined from steel with the leading and trailing 
edges ground to a thicknes s of less than 0 . 002 inch. The wing contours 
were cut to within 0 . 002 inch of the specified values, and the wing 
surfaces were free of scratches and highly polished. There was , however, 
a very slight spanwise twist over the length of the 9-percent-thick 
pressure-distribution model. Also , the upper-flap surface did not fair 
smoothly into the wing surface at all points by an amount smaller than 
the tolerance of 0.002 inch but great enough to be noticeable in the 
pressure distributions. On the 6-percent-thick wing there was a slight 
irregularity on the lower-flap surface arising from difficulty in fairing 
over tube ducting that apparently also affected the pressure distributions 
slightly. The gap between the flap and fixed portion of the airfoil was 
0.005 inch or about 0 . 0017 chord on all models . This gap was not sealed 
during the tests, except when noted. 
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A dimensional sketch of the pressure- distribution models is shown 
in figure 1 . For convenience in carrying pressure leads from the wings 
to the outside of the tunnel and in setting angles of attack and flap -
deflection angles , the models were mounted in the tunnel directly from 
the tunnel wall , as illustrated in figures 2 and 3. The models were so 
proportioned as to provide a reasonable spanwise length of essentially 
two- dimensional flow and freedom from interference from shock waves 
reflected from the tunnel walls. (See fig . 3 and reference 13 . ) 
The pressure- distribution models were equipped with static- pressure 
orifices on both the upper and lower surfaces at two spanwise stations . 
One of the stations was located in the essentially two- dimensional- flow 
region of the wing between the disturbance waves originating at the wing 
leading- edge tunnel- wall juncture and wing- tip leading edge . At high 
angles of attack and large flap deflections these disturbances actuall y 
merge on the high- pressure side of the wing or flap because of the higher 
local Mach angles, and the flow at the station is no longer strictly 
two dimensional . For the range of a and 6 investigated, however, 
the effects of the tip disturbances were negligible and the flow r emained 
essentially two dimensional even at the largest angl es of the tests and 
at the lowest free- stream Mach number . The other orifice station was 
located partially within the Mach cone from the wing tip but outsi de the 
Mach cone from the leading edge of the flap . (See fig. 3 . ) 
At each station on the 9- percent- thick wing , each wing surface con-
tained 16 pressure or ifices of O. 014- inch diameter drilled perpendicular 
to the surface . Twelve of the orifices were on the main airf oil and four 
on the flap . On the 6- percent-thick wing , each surf ace at each station 
contained 14 orifices of which 5 were on the flap . The locat ions of the 
orifices and orifice stations are given in f i gure 1. Except f or the 
leading- and trailing- edge orifices on the thinner wing, all or ifices 
were drill ed directly in line with one another . In order to establish 
some orifices as close to the leading and trailing edges as possible , 
these particular orifices were slightly staggered spanwise so as to 
eliminate the necessity of installing the orifices i n the upper and 
l ower surfaces directly over one another . 
All pressure leads from the orifices were ducted to the outside of 
the tunnel internall y through the models and through the steel supporting 
plate . The design of the mechanism for actuating the flap of the 
6- percent- thick wing necessitated leaving a ~6 - inch depression in the 
contour of the tunnel wall adjacent to the flap, the edges of which were 
beveled to reduce flow disturbances during testing (fig . 2(b)) . In a 
series of tests in which the depression was filled i n, the depr essi on did 
not influence the pressures at the survey stations for the angl e- of- attack 
and flap- deflection range of the investigation. No discontinuiti es in 
tunnel-wall contours were necessary for the thicker model . 
I 
~ 
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Figure 4 shows the schlieren model and illustrates the method used 
to mount the model in the tunnel for schlieren observations . For these 
tests, the model was mounted horizontally from the lower nozzle block 
by means of a single, vertical, sweptback strut . In order to avoid any 
shock-wave - boundary-layer interaction at an airfoil tunnel-wall juncture 
and to eliminate any interference from the wall reflections of the tip 
Mach cones, the model was designed to span only the middle 60 percent of 
the tunnel width. 
Pressure Measurements and Reduction of Data 
The pressures on the wing surfaces and the total pressure in the 
tunnel settling chamber were recorded simultaneously by photographing a 
multiple-tube mercury manometer on which the pressures were indicated. 
Subsequently, the pressures were read directly from the film as pressure 
coefficients through the use of a film reader. 
Section aerodynamic coefficients of normal force, pitching moment, 
and hinge moment were obtained by plotting the pressures normal to the 
wing or flap chord and mechanically integrating the area between the 
faired curves for the upper and lower surfaces. The effects of the 
chordwise components of the pressure forces on the aerodynamic charac-
teristics were generally neglected because of the great labor required 
to reduce these pressures to coefficients and because it was found that 
the contribution of these components to the above aerodynamic coefficient: 
was relatively small and in no way affected any of the comparisons. For 
pressure-drag and lift-drag ratio comparisons, however, a limited number 
of chordwise pressure-force coefficients were computed by plotting the 
pressures normal to a line perpendicular to the wing chord and mechani-
cally integrating the areas between the faired curves. No attempt was 
made to include friction f orces in any of the aerodynamic coefficients. 
Test Methods and Range of Tests 
During the investigation most pressure distributions, schlierens, 
and shadowgraphs were obtained by setting and holding constant the 
angle of attack of the airfoil and by varying the flap deflection in 
sequence from 00 to the limit of the positive or negative flap deflec-
tions. In order to provide a check on possible hysteretic effects, 
this procedure was modified for some of the pressure-distribution tests 
to running through the flap angle range from the most negative desired 
deflection to the maximum positive angle. Both the angles of attack 
and flap-deflection angles of the pressure-distribution models could be 
changed from outside the tunnel while the tunnel was in operation. Angles 
of attack and flap angles on the schlieren model, on the other hand, had 
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to be set while the tunnel was shut down and checked with the cathe-
tometer while the tunnel was operating. 
All schlieren photographs were obtained with the model in profile 
with the knife edges in the schlieren system generally both horizontal 
and vertical. 
Pressure-distribution tests with smooth models were made at Mach 
numbers of 1.62, 1.93, and 2.40 over an angle-of-attack range which 
varied with Mach number and particular model within the maximum limits 
of -1.000 and 11.350 • At the two lower Mach numbers the upper limit 
was usually determined by tunnel choking. The flap-deflection range 
usually extended from at least -160 to 180 although the positive limit 
was not always reached because of tunnel choking at the higher angles 
of attack. With transition fixed near the leading edge on both wing 
surfaces, pressure distributions were obtained over the range of a 
and 6 on the 9-percent-thick wing at M = 1.93 and the 6-percent-
thick wing at M = 1.62. These tests on the thicker wing also included 
a limited study of various methods of fixing transition. (See fig. 5.) 
The transition or roughness strips were prepared by sprinkling common 
table salt, ground to an average grain size of slightly less than 
0.01 inch, onto a thin layer of dope that had been sprayed on the wing 
just prior to the application of the salt grains. 
Flap-gap leakage checks were made at M = 1.62 with the 6-percent-
thick model and model asymmetry checks were made on the 9-percent-thick 
model at M = 2.40. 
Schlieren photographs were obtained over approximately the same 
range of 6 and model condition as in the pressure-distribution inves-
tigation but were limited to Mach numbers of 1.62 and 1.93. The angle-
of-attack range, however, was extended to include negative angles in 
order to study the flow characteristics on both the low- and high-pressure 
sides of the wing. without interference effects from the supporting strut. 
A study of the schlieren photographs indicated that such interference 
effects did exist. At M = 2.40 the schlieren-flow investigation was 
replaced by wall-shadowgraph studies. For this series of tests, the 
9-percent-thick pressure-distribution model was used with the window 
insert which supported the model coated with a matte white finish to 
provide a satisfactory background against which to view changes in light 
intensity. A few additional shadowgraphs were also made at M = 1.62. 
The tests including pressure distributions, schlierens, and shadow-
graphs were made at a Reynolds number of 1.07 x 106 based on the airfoil 
chord of 3 inches. 
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Precision of Data 
Stream surveys obtained with empty test section indicate that the 
mean value s of the Mach number in the region occupied by the test models 
in the test nozzles were 1.62, 1.93, and 2.40 and that the variation 
about these means was less than 1 percent. Large irregularities in 
stream-flow direction in these regions were not evident. 
The angle-of-attack and flap-deflection settings of the pressure-
distribution and schlieren models are believed to be generally accurate 
to nearly ±0.050 and ±O.lO, respectively, except for station 2 on the 
thicker pressure-distribution wing. At this station, the angle of attack 
was greater than that indicated ~ the clinometer by about 0.15° to 0.20° 
owing to the twist in the model resulting from wing-fabrication diffi-
culties. In order to simplify comparisons and to reduce the number of 
required theoretical calculations, however, corrections for the twist 
were applied only in cases of special interest. 
Individual pressure coefficients are usually accurate to ±0. 01, and 
discrepancies of greater magnitude are not due to errors in r eading pres-
sures but due to local surface irregularities which were usually delib-
erately neglected in fairing the experimental curves. The pressure-
coefficient increments resulting from the slight misalinement of the 
upper-flap surface with the wing on the 9-percent-thick model and from 
surface waviness on the lower-flap surface of the thinner wing were not 
neglected. 
The uncertainty in aerodynamic coefficients is believed to be about 
±0. 005 in cn, ±0. 002 in cm, ±0. 01 in ch, and ±0 . 003 in Cd with the 
greatest error resulting from inaccuracies in fairing the pressure curves 
in the region of the flap hinge line and near the flap trailing edges . 
Installations of pressure orifices close to these points would have been 
ve~ difficult owing to physical limitations imposed by the method of 
model construction and tube installation. 
Theoretical Calculations 
The theoretical two-dimensional chordwise pressure distributions 
included in this report were calculated from oblique-shock theory and 
the Prandtl-Meyer equations for the expansion of a two-dimensional 
supersonic flow . The theoretical calculations neglect the fact that, 
on circular- arc airfoils , the shocks at the wing leading edge and at 
the flap hinge line are curved and the flow behind the shocks is 
rotational. 
The theoretical aerodynamic coefficients were obtained by mechanical 
integration with the use of the same procedures employed in obtaining the 
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experimental coefficients. Hence, the effects of chordwise forces on 
the aerodynamic characteristics exclusive of drag were neglected and 
the theoretical and experimental results are directly comparable. 
RESULTS AND DISCUSSION 
The presentation and discussion of the results of this investigation 
of the flow over a rectangular wing with trailing- edge flap have been 
divided into the following sections: effect of Mach number, effect of 
wing thickness, effect of fixing transition, effect of flap leakage, 
effect of model surface condition and asymmetry, and shock-boundary-
layer interaction. Because of the small number of pressure orifices 
near the flap hinge line and trailing edge where some of the most 
rapid pressure changes occurred, a large number of pressure distributions 
were necessary to establish trends. Space limitations, however, have 
made it necessary to restrict the data presented in this paper to only 
that actually needed for typical illustrations of the effects under 
discussion. Consequently, when the fairing of some of the curves is 
not obvious it should be understood that the trends have been established 
from analyses of a considerably larger body of data, much of which is 
intermediate to that shown. Data presented have also been restricted to 
the two-dimensional station, but the effects at the three-dimensional 
station were similar unless specified otherwise . 
Most of the data included in this report pertaining to the 9-percent-
thick wing at M = 1.62 have been extracted from the test results pre-
viously described in reference 13. 
Effect of Mach Number 
Pressure distributions.- Some typical experimental pressure distri-
butions obtained at the two-dimensional-flow stations of both the 
9-percent- and 6-percent-thick wings are shown in figures 6 and 7 for 
the Mach numbers of 1.62, 1.93, and 2.40 . The corresponding theoretical 
pressure distributions, where they could be obtained, are included with the 
experimental plots. Except for the r egions affected by shock-boundary-
layer interaction (see reference 13 for detailed discussion) and by local 
surface irregularities, the agreement between the theoretical and experi-
mental pressures over the main wing for both wing thicknesses and all Mach 
numbers was excellent. (See figs. 6 and 7.) In the regions affected by 
the flow separations, the disagreement between the theoretical and experi-
mental distributions was very large. At the higher flap angles and 
particularly at the higher Mach numbers, the discrepancy in pressures 
covered most of the flap surface and, in addition, an appreciable part 
---..... - --
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of the main wing. The data also show that, for corresponding a,6 con-
figurations, the tendency toward separation increases with Mach number 
at constant Reynolds number. 
The excellent agreement between theory and experiment for the parts 
of the wing unaffected by flow separation shows that, for the range of 
angles of attack and flap deflections covered in this investigation, the 
effects of shock curvature, which were neglected in theoretical calcula-
tions, are negligible over the Mach number range of 1.62 to 2.40. This 
conclusion was corroborated by theoretical calculations made by the 
method of reference lS which revealed that the changes in pressure gradient 
just behind the shocks at the wing leading edge and flap hinge line would 
be within the experimental accuracy of the tests. 
Another interesting feature of the pressure distributions over the 
wing is deduced from a study of the relation of the pressure distributions 
to the limiting·.pressure coefficients. The negative limiting-pressure 
coefficients which correspond to absolute zero or vacuum pressure are 
indicated in the lower right·-hand graphs of figures 6 and 7. The posi-
tive limiting-pressure coefficients which correspond to stagnation pres-
sure are greater than 1 and hence have been omitted. As the free-stream 
Mach number is increased, the negative limiting pressures rapidly decrease 
toward 0, whereas the positive limiting-pressure coefficients increase. 
Obviously, then, at high positive a and 6 the upper-flap surface 
contributes progressively less lift as the Mach number is increased 
until, at higher Mach numbers (calculations show these Mach numbers to 
be of the order of 4 or S), the aerodynamic characteristics of the flap 
in this angle range are almost solely determined by the high-pressure 
side of the flap even when no flow separation is present. 
Section force and moment characteristics.- The effect of Mach num-
ber on the section aerodynamic characteristics obtained by integrating 
the theoretical and experimental pressure distributj.ons is shown in the 
typical plots of figures 8 - 13 . Inspection of figures 8 and 9, which 
show the variation of the section normal-force, pitching-moment, and 
hinge- moment characteristics with flap deflection at constant a, indi-
cates that the experimental absolute increments in coefficients due to 
flap deflection were smaller than the theoretical increments and were 
actually nearly zero for a small 6 range near a total flap deflection 
(a + 6) of 00 • Most of the discrepancy between the theoretical and 
experimental increments occurs as a result of the flow separations dis-
cussed in the previous sections. The remainder, which is almost negli-
gibly small , derives from the fact that the flow does not expand the 
required angle around the hinge line on the flap low- pressure side because 
of the influence of the boundary layer . These "breaks" or regions of flap 
ineffectiveness were noted in the tests reported in reference 13 and are 
tr~ceable to flow separation from the rear flap surfaces. The extent of 
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the breaks in terms of flap-deflection angles is seen to increase with 
Mach number for all the coefficient curves. The decreased slopes of the 
curves at the higher free-stream velocities make it comparatively more 
difficult to identify the breaks and~ in general~ the percentage change 
in the coefficients due to separation is greater at the higher Mach 
numbers. 
The same considerations as to the effect of Mach number apply to 
the variation of the section normal-force characteristics with a at 
constant 6 (figs. 10 and 11). In this case~ however~ the changes due 
to flow separations are relatively small compared to the changes pro-
duced by varying the angle of attack. For the 9-percent- thick wing~ 
the regions where the force breaks occur are shown by a dotted line. 
Inasmuch as the lift on the main part of the wing is changing even in 
the critical a range when the trailing-edge flow separations are 
rapidly changing sides~ the lifting effectiveness of the wing-flap com-
bination is not entirely lost but is only changed . In the case of the 
6-percent-thick wing~ t he breaks could be identified only at the lower 
angles of attack; hence, the identification of the region of flap 
ineffectiveness is omitted. 
The variation of the theoretical and experimental section drag 
coefficients with a at the different test Mach numbers is shown in 
figures 12 and 13 for the two- dimensional station with 6 = 00 . As 
anticipated from the study of the pressure distributions~ the experi-
mental drag coefficients were lower than the theoretical values and the 
magnitude of the discrepancy increased with Mach number. 
Schlieren and shadowgraph flow observations. - A group of schlieren 
and shadowgraph flow pictures, covering most of the flow conditions of 
interest, is presented in figure 14. The flow on the strut side of the 
model in the schlieren pictures must be discounted because of inter-
ference effects from the supporting member. All flow phenomena of 
interest, however, such as flow separations at the flap hinge'line and 
at the flap trailing edge, may be observed in detail on the strut- free 
wing surface. 
A correlation of the schlieren and shadowgraph flow pictures with 
the corresponding pressure distributions shows that the flow separations 
at the flap hinge line and trailing edge are accompanied by a double or 
forked-shock phenomenon which was discussed in the results of the 
9-percent-thick wing at M = 1.62 . (See reference 13.) This phenomenon 
is a characteristic of laminar separation and its distinguishing features, 
clearly seen in figures 14(a) a = -50 and 6 = -180, figure 14(b) 
a = 20 and 5 = 200 , are: (1) a weak, or separation, shock springing 
from the point of initial-flow separation; (2) a strong, or "main," 
shock just rearward of the hinge axis or flap trailing edge; (3) a clearly 
defined, dark line which seems to join both shocks at their points of 
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origination and which is in reality a mlXlng line between the separated 
flow above the line and the dead-air space below the line. 
A number of pressure distributions were calculated for the separated 
regions at the various Mach numbers on the basis of the observed angles 
of flow separation and the assumption that the pressure at the surface 
would be equal to that of the flow outside the separation line. These 
calculated pressure distributions proved to be in good agreement with 
the experimental pressure distributions. 
Near the trailing edge with the flap deflected~ the flow pictures 
show the presence of shocks slightly behind and both above and below the 
trailing edge even at the highest flap angles. (See fig. 14(c), a = 4°, 
6 = 19° . ) Moreover, no instance could be found where only one shock was 
present at the trailing edge no matter what the angle of attack or flap 
deflection, although, at these high flap angles, nonviscid airfoil theory 
predicts the occurrence of a shock at the trailing edge on the suction 
side of the flap but only an expansion on the high-pressure side. (See 
reference 13.) 
Effect of Wing Thickness 
Decreasing the wing thickness from 9 percent to 6 percent had little 
effect on the location of the points of initial flow separation when test 
conditions were held constant. (Compare figure 6(a) with figure 7(a)~ 
and figure 6(c) with figure 7(b)). The pressure increases at the separa-
tion point also appeared to be on the same order of magnitude. Outside 
the regions affected by separation~ the agreement between theory and 
experiment was equally good on both models. Because the chordwise 
pressure gradients for the 6-percent- thick wing were smaller than those 
for the 9-percent-thick wing~ the integrated losses in pressure behind 
the point of separation were usually less. Accordingly, the losses in 
force- and moment-coefficient increments due to changes in a or 6 
were usually proportionately smaller. (Compare figs. 8 and 9, figs. 10 
and 11, and figs. 12 and 13.) The magnitudes of the force breaks or 
discontinuities in terms of a or 6 also decreased. 
In general, the theoretical and experimental slopes of the normal-
force and moment-coefficient curves for the thinner wing were slightly 
greater, but the drag coefficient, as expected~ was considerably less than 
that for the thicker wing. The experimental values of the effectiveness 
parameter oa computed from the slopes of the normal-foree-coefficient 
06 
curves for the two-dimensional station at a and 6 at or near 00 were 
about 0.19 and 0.23 for the 9- and 6-percent-thick wings, respectively, 
at all Mach numbers. The average experimental values of the param-
eter oCn for station 1 were - 0 .56 and -0.59~ in the same order. At OCh 
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the three-dimensional station the differences in these parameters for 
the two models were usually slightly greater because of somewhat smaller 
tip losses on the thinner wing. These results appear to indicate that 
not only are the drag and lift- drag ratio characteristics of the thinner 
wing considerably better but also the effectiveness of the flap is 
slightly superior to that of the thicker wing. 
Effect of Fixing Transition 
The maximum Reynolds number and the Reynolds number range that 
could be covered in the investigation of reference 13 were very small 
and yet, as was shown, the effects of scale were relatively large . 
Therefore, in order to gain an idea of the probable aerodynamic charac-
teristics of the flapped wings at very high Reynolds numbers , such as 
those corresponding to supersonic flight of full- scale airplanes and 
missiles at relatively low altitudes, an investigation was made of the 
pressure distributions over the models with transition fixed. Since 
little was known about the practicability of and the proper techniques 
for the fixing of boundary-layer transition at supersonic speeds, a 
short study was also made on the 9-percent-thick model at M = 1 . 93 
of some of the various methods of fixing transition. 
Pressure distributions. - The effect on the pressure distribution of 
fixing transition by means of ~-inch-wide roughness strips near the 
l eading edge on the upper and lower wing surfaces , both singly and in 
combination, is illustrated in figure lS . The results show that, whenever 
transition was fixed on a surface, the flow separation on that surface was 
eliminated or reduced . At high flap deflections , the effects of shock-
boundary- layer interaction at the trailing edge were still felt some 
distance upstream on the low- pressure side of the flap even though the 
boundary layer was no longer laminar. The discrepancies between the 
results for the smooth surfaces for the various configurations are 
ascribed to irregularities in surface condition and not to the infl uence 
of one surface upon the other. 
Increasing the width of the transition stri p on the upper wing sur-
face from 1/8 to 3/4 inch (configuration (b) and configuration (g) , 
respectively, fig . S) had no effect , and replacing the strip by a thin 
pa~tial-span ridge of dope with a rather sharp leading edge (configur a-
tion (f) , fig . S) likewise produced no change in the pressure distri-
butions relative to those for configuration (b), (fig . S) . Consequently , 
no data for these conditions are shown . Increasing the width of the 
transition strip to 2 inches (configuration (h ), fig . 5) , however, caused 
the boundary layer to become so thick that the pr essure rises across the 
shocks at the flap hinge line and trailing edge were transmitted forward 
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through the turbulent boundary layer an appreciable distance. (Compare 
configurations (b) and (h) in fig. 16.) The location of the roughness 
strips close to the hinge line (configuration (e), fig. 5) proved 
undesirable because at large 6 1 s, flow separation occurred ahead of 
the strip on the flap high-pressure side of the wing and the strip lost 
its effectiveness completely. (See configuration (e), fig. 16.) These 
results indicate, therefore, that the roughness-strip technique is a 
simple and efficient method of fixing transiJ/ ion and allows a consider-
able leeway in the size of strips that may b( used. 
As a result of the elimination of the flow separations by fixing 
transition, the agreement between the theoretical and experimental 
pressures was greatly improved (fig. 17). A plot of the effect of 
fixing transitio~ on the chordwise pressure forces is included in fig-
ure 18. The results denote a decrease in the effectiveness of the 
transition strip in eliminating flow separation at the trailing edge at 
the high als similar to the loss in effectiveness of the strip usually 
suffered on the flap low-pressure surface a t very high flap deflections 
(fig. 15). As the flap was not deflected in the case under discussion, 
the phenomenon i s apparently dependent upon the characteristics of the 
interaction between the trailing-edge shock and the turbulent boundary 
layer. These characteristics will be discussed subsequently. 
Section force and moment characteristics.- An analysis of the 
results obtained with the configurations having roughness strips reveals 
that fixing transition was quite effective in eliminating the breaks or 
discontinuities in the force and moment-coefficient curves (figs. 19 
and 20). In order to eliminate the discontinuities completely, tran-
sition generally had to be fixed on both the upper and lower surfaces 
simultaneously. The addition of the roughness strips often caused a 
small reduction in the linear range of the coefficient curves as com-
pared to those for the smooth model. This trend is not apparent in 
figures 19 and 20 except for the configuration with the 2-inch roughness 
strip (configuration (h), fig. 20). 
The section pressure-drag coefficient was also increased and the 
agreement between theory and experiment improved when transition was 
fixed on the wing (fig. 21). No changes of consequence in pressure lift-
drag ratio occurred, nevertheless, because the increase in drag was com-
pensated for by a corresponding increase in lift (see fig. 22). If the 
increased friction drag for the configurations with the roughness strips 
is accounted for, however, the over-all lift-drag ratio obviously will 
be decreased somewhat by fixing transition. The discrepancy between 
theoretical and experimental pressure lift-drag ratios for the 6-percent-
thick model results from the tendency of the experimental pressures to be 
more positive than the theoretical pressures on the lower surface of the 
flap near the trailing edge. This trend is ascribed primarily to a rough 
surface condition on t hat side of the flap resulting from a difficulty in 
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fairing over tube ducting. Because of this effect the experimental 
absolute values of lift-drag ratio for the 6-percent-thick airfoil may 
not be too reliable although satisfactory for comparative purposes . 
Additional curves showing typical effects of fixing transition, including 
comparisons with theory, are presented in figures 23 and 24. 
Schlieren flow observations.- The schlieren photographs of figure 25 
indicate that, whenever the boundary layer was made turbulent by artifi-
cially inducing transition, the double shock, characteristic of laminar 
separation, was eliminated. At high flap angles, some separation was 
still evident at the trailing edge. A condition where flow separation 
was eliminated naturally on the smooth model is shown in figure 14(a), 
a = 10.8°, 6 = -16°. As a was increased, the bow wave detached and 
the subsonic flow behind the shock separated from the sharp leading edge, 
overexpanded to a supersonic velocity, and reattached to the wing sur-
face; a shock was thereby formed. When this shock became strong enough, 
it evidently caused the boundary layer to become turbulent and the flow 
separation ahead of the hinge line was eliminated. 
Effect of Sealing the Hinge Gap 
The main effect of sealing the wing-flap gap on the 6-percent model 
was to increase the extent of the laminar-separated flow regions on both 
wing surfaces (see fig. 26). The trend probably can be ascribed to the 
fact that, at high angles of attack and flap angles with the gap open, 
there was a small amount of air leakage through the gap from the high-
pressure to the low-pressure side of the wing. The leakage or jet 
issuing normal to the wing surface caused a breaking up of the laminar 
boundary-layer flow on the low-pressure side and resulted in a turbulent 
type of flow with separation farther rearward on the wing. On the high-
pressure side of the wing the leakage afforded a relief for the pressures 
in the dead-air region. These effects died out with decreasing angle of 
attack and/or flap deflection as the pressure differential across the 
gap decreased. 
A comparison of the integrated aerodynamic coefficients for the 
sealed and unsealed gap showed a negligible difference. 
Although the air leakage was small because the gap was made as 
small as possible, sealing produced noticeable objectionable changes in 
pressure distributions. These relatively large changes indicated that 
the wing-flap gap size may be of considerable importance when it is 
larger than that used on the configurations of this investigation. A 
larger gap could possibly influence the pressure distributions suffi-
ciently to eliminate the breaks or flat spots in the curves of the 
integrated aerodynamic force and moment coefficients. 
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Effects of Model Surface Condition and Asymmetry 
During the first part of this investigation of flapped airfoils 
some tests were made to determine whether the pressure distributions 
obtained at one time could be satisfactorily duplic~ted at a later date 
and whether there was any hysteresis in the pressure distributions due 
to approaching the angle setting from opposite directions. The results 
indicate generally excellent repeatability and no hysteresis even in the 
regions where the control effectiveness was very low such as when the 
control was nearly in the center of the wake. Some discrepancies in 
pressures were found, however, during the investigation of fixing tran-
sition. (See upper surfaces for configurations (a) and (c) at 6 = 40 
or 80 in fig. 15.) These discrepancies are ascribed to differences in 
surface conditions. Numerous applications and removals of the rough-
ness strips during this series of tests are believed to have made it 
extremely difficult always to return the model to its customary clean 
condition when strips were removed. The results thus stress the impor-
tance of surface condition if tests are made in the critical Reynolds 
number range. 
In figure 27 are presented some typical data obtained from tests 
to determine the effect of model asymmetry and possible tunnel effects. 
The data for the model in the normal and inverted attitudes are in 
fairly good agreement except at 6 = 160 • The integrated aerodynamic 
characteristics showed no important change even at this flap angle 
except in the flap hinge moment. Other pressure irregularities, such 
as the tendency for the pressures to be high on the lower surface of 
the 9-percent- thick wing between the 10- to 20-percent-chord stations 
(fig. 6), showed no disposition to change surfaces with model inversion 
and thus prove the discontinuities were caused by local-surface irregu-
larities and not by variations in the tunnel stream. 
Shock Boundary-Layer Interaction 
The nature of the shock boundary- layer interaction phenomena as 
deduced from the results of this investigation is illustrated in the 
exaggerated diagrammatic sketches of figures 28 and 29 . The r easons 
for the differences in interaction characteristics for the laminar and 
turbulent boundary layer s become apparent in the analysis that follows. 
First, the pressure increase a cross the shock at the flap hinge 
line or trail i ng edge was not communicated any appreciable distance 
upstream through the subsonic part of the boundary layer unless flow 
separation was present regardless of whether the boundary layer was 
laminar or turbulent . When the pressure rise across the shock exceeded 
a certain critical value the flow separated from the surface causing the 
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appearance of a weak shock at the point of separation . Any further 
increase in pressure-rise ratio simply propelled the point of separation 
forward accompanied by a small but abrupt pressure increase, whereas the 
main shock and main pressure rise occurred some distance behind the 
hinge line or flap trailing edge. (See figs . 28(a) , 29(a), and 30.) 
Experimentally, the pressure-rise ratio across a shock is taken as the 
ratio of the most positive surface pressure immediately behind the main 
shock to the most negative pressure immediately preceding the separation 
shock unless otherwise specified. Behind the trailing- edge shocks, the 
static pressure was assumed equal to that of the free stream. For the 
laminar boundary layer, the value of the critical pressure-rise ratio 
as deduced from a study of critical pressure distributions similar to 
those presented in figure 6(c) (a = 8.350 and 6 = _8 0 ) for the flow 
at the hinge line and figure 7(a) (a = 8.350 and 6 = 80 ) for the flow 
at the trailing edge usually ranged between about 1.05 to 1.20 with 
most of the values approaching the upper limit. For the case of the 
turbulent boundary layer (transition fixed), the value of the critical 
ratio was in the neighborhood of 2 (from analysis of data similar to 
that presented in figs. 15 and 17) but could not be very accurately 
determined because turbulent separation was difficult to identify. In 
these tests the pressure-rise ratio of 2 was exceeded only at the 
trailing edge of the flap and usually only at the higher flap deflec-
tions. The results for transition fixed with the 2-inch strip are 
discounted because of the probably abnormal thickness of the boundary 
layer generated by the strip. 
For the case of the laminar boundary layer and pressure-rise ratio 
above the critical, the flow on the flap high-pressure side of the wing 
(fig. 28(a)), after separating or detaching, continued along a straight 
path until it intersected the flap surface some distance downstream of 
the hinge line. The main shock occurred at this intersection and the 
transition from a laminar to a turbulent boundary layer took place under 
the foot of the shock. Under the foot of each shock, also, the pressure 
increased rather abruptly; elsewhere between the two shocks, the surface 
pressure remained constant. As the Reynolds number was decreased the 
distance under the shocks over which the rapid changes in pressure 
occurred generally increased. (Compare the pressure distributions on 
the lower wing surface at 6 = 12 0 or 160 , fig. 15 (configuration (b)).) 
The pressure-rise ratio across the main shock was apparently fixed by 
the angle the reattaching flow must turn through to parallel the sur-
face at the point of intersection; hence, the geometry of the wing-flap 
combination has an important effect on the location of the separation 
point. Up to the present time no satisfactory method of determining the 
separation point has been developed, but improved versions of the modi-
fied Pohlhausen technique proposed in reference 16, used in conjunction 
with the flow conditions described above, appear to hold some promise. 
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Downstream of the flap trailing edge, the flow pattern was the same 
as that described in reference 13 and had shocks forming at the inter-
section of the flows from the upper and lower surfaces. Some calcula-
tions based on the flow conditions just described and on flow-separation 
points and angles determined from pressure distributions led to trailing-
edge shock locations and angles which were in good agreement with those 
of the schlieren pictures for corresponding wing-flap configurations. 
Another interesting observation is that the pressure-rise ratios for 
laminar separation were so small that, at a = 6 = 00 , the flow probably 
will separate from both flap surfaces simultaneously on wings having 
trailing-edge included angles considerably less than the 13.70 angle of 
the 6-percent-thick wing if the boundary layer remains laminar. 
When the boundary layer was turbulent, separation was no longer 
present and the flow at the hinge line followed the contour of the wing-
flap combination as indicated in figure 28(b). As a result of the fact 
that there was no flow separation, the pressure rise across the hinge 
shock was communicated upstream only a negligibly short distance. At 
the flap trailing edge the same general considerations held as for the 
flow at the hinge line with turbulent boundary layer when the flap angles 
relative to the free stream (a + 6) were small. At higher flap deflec-
tions, however, the pressure--rise ratio across the trailing-edge shock 
appeared to be sufficiently high to cause separation of the turbulent 
boundary layer as shown to a small extent in figure 29(b). Consequently, 
at the higher flap angles, the pressure rise across the trailing-edge 
shock was propagated a relatively long distance upstream but still 
usually less than that in the case of the laminar boundary layer. (See 
fig. 17.) 
CONCLUSIONS 
An investigation has been made over a Mach number range from 1.62 
to 2.40 at a Reynolds number of 1.07 x 106 of some of the factors 
affecting the flow over rectangular wings having 9- and 6-percent-thick 
symmetrical circular- arc sections and 30-percent- chord trailing-edge 
flaps. An analysis of the results indicated that: 
1. The laminar-flow separations on the low-pressure side of the flap 
near the trailing edge and on the high-pressure side of the flap and wing 
at the hinge line that were found previously at M = 1 . 62 also were 
present at the higher test Mach numbers . 
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2. As a result of the boundary-layer separations, the breaks or 
shifts in the experimental section force and moment curves encountered 
at M = 1.62 also existed at the higher test Mach numbers. 
3. For similar wing-flap configurations, increasing 'the Mach number 
at constant Reynolds number caused the separation points to move forward, 
the magnitudes of the breaks in the force and moment coefficient curves 
in terms of angle of attack or flap deflection to increase, and, as 
predicted by theory, the slopes of the curves to decrease. 
4. Decreasing the wing thickness from 9 percent to 6 percent not 
only greatly improved the drag and lift-drag characteristics of the wing 
but also slightly improved the flap effectiveness. 
5. The effects of fixing transition to simulate high Reynolds numbers 
were to eliminate or greatly decrease flow separation, to do away with the 
breaks or shifts in the force and moment curves, and to improve generally 
the agreement between the theoretical and experimental pressure distri-
butions and force and moment curves. 
6. Sealing the hinge gap to eliminate leakage caused the separation 
points to move forward, but, for the range of leakage investigated, had 
little effect on the integrated force and moment characteristics. 
7. The distances that the pressure rises across the hinge and 
trailing-edge shocks were communicated upstream through the boundary 
layer were primarily dependent upon whether the boundary layer was 
laminar or turbulent and whether the critical pressure-rise ratio for 
flow separation was exceeded. In general, this distance was considerably 
greater when the boundary layer was laminar. 
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(a) 9-percent-thick wing. 
Figure 2. - Illustrations showing general mounting arrangements of 9- and 
6-percent-thick models in the tunnel. 
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(b) 6-percent-thick wing. 
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L-595 4. 1 
Figure 4.- Front and rear three-quarter views of 9-percent-thick 
symmetrical circular-arc wing used in schlieren observations. 
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Figure 5.- Concluded. 
(f) Smooth strip of dope, 1/32 inch wide 
(upper surface only) 
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(h) RouQhness strip, 2 Inches wide 
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Figure 8.- Effect of Mach number on the section force and moment character-
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(a) CL = 2.35°. 
Figure 9.- Effect of Mach number on the section force and moment character-
istics of 6-percent-thick symmetrical circular-arc wing. Station 1. 
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Figure 9. - Continued. 
Experimental-















































K ~ ~ / ,1.62 . [/ 1.93 I 
~ ~~ 1/2.40 I . ~ ~.~,~ ~ 
L Exp«im:~ ~~ ! 
I I ~ / ~~ 
Theoretical ~ ~ 
.~ .~ 
~ ~~ ~~ 
~ 
-
- 16 -12 -8 - 4 o 4 8 12 16 20 
Flap deflection, 6 , deg ~ 
(b) Continued. 






















..... ~~I M Q) 0 
0 






C' -2 c . 
:c 
Experimental 
c I 1 0 





-.5 j _I 1 
-20 -16 -12 -8 -4 o 4 8 12 16 20 
Flap deflection, 6, deg ~ 
(b) Concluded. 




















































































Figure 10.- Effect of Mach number on section normal-force coefficient of 
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Figure 11.- Effect of Mach number on section normal-force coefficient of 
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Figure 12 .- Effect of Mach number on section pressure- drag coefficient ' of 
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Figure 13. - Effect of Mach number on section pressure-drag coefficient of 
9- percent- thick symmetrical circular-arc wing. 6, 00 . Station 1. 
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Figure 14.- Schlieren and shadowgr aph pictures of flow about 9 - percent-
thick symmetrical circular-a rc wing a t R = 1 . 07 X 106 . 
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~~ L- 951 Figure 14.- Continued . 
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(c) Continued. ~ L-6 955 Figure 14.- Continued. 
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Figure 15.- Continued. 
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Figure 16 .- Effect on the pressure distributions of fixing transition at 
various chordwise locations on 9-percent-thick symmetrical circular-arc 
















-:3 1-0-Configuration -:3 I 
(b) ~ I I 
• I 
(h) Flo. , ~ ~ I - 0- - Confi~rotion 
-:2 I a.. 


















.2 I 6· 4° 
.2 
4 .5 .6 7 .8 .9 1.0 4 .5 
X/C 









































-4 -4 r----,----r----,----~---, 
~2 
Il. 
~ 0 2 ] 






4 4 1------t-----t-----t-----t-----l 
S-o" S-8" 
.6 6 ~--~----~--~----~--~ 
-4 -4 r----,----r----.----~--_, 
















0 .2 4 .S .8 LO 0 .2 4 .S .8 LO 
x/c ~ Xfc 
(a) Smooth model, a = 2.95°. 
Figure 17.- Effect of fixing transion on the agreement between the theo-
retical and experimental pressure distributions over the 9-percent-
thick symmetrical circular-arc wing at M = 1.93. Station 1. 
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Figur e 18 .- Effect on the pressure distribut ion (parallel to chord) of 
fixing transition near leading edge on the 9- percent - thick symmetrical 
circular-a r c wing at M = 1 .93 . 0, 0° . Station 1 . 
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Figure 19.- Effect of fixing transition near leading edge on the section 
force and moment characteristics of 9-percent-thick symmetrical 
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Figure 20.- Effect of fixing transition at various chordwise locations on 
the section moment characteristics of 9-percent-thick symmetrical 
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Figure 21.- Effect of fixing transition on the section pressure-drag 
coefficient of the 9-percent-thick symmetrical circular-arc wing 
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Figure 22 .- Effect of fixing transiti on near leading edge on l i ft-drag 
ratio of 6- and 9-percent-thick symmetri cal circular-arc wings at 
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Figure 23.- Section pitching-moment characteristics of 9-percent-thick 
symmetrical circular-arc wing with fixed transition. Configuration (d), 
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Figure 24.- Effect of fixing transition near leading edge on section hinge-
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Figure 25 .- Effect of fixing transition on the flow over a 9-percent - thick 
symmetrical circular- arc wing at M = 1.93 and R = 1.07 X 106 . 
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Figure 25. - Continued. L-64946 

NACA RM 150J18 101 
Smooth model. 
Fixed transition. 
Horizontal knife edge. Vertical knife edge. 
~
Figure 25.- Continued . L-64947 
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Figure 26 .- Effect of sealing hinge gap on experimental pr essure 
distri bution over 6-percent-thick symmetrical ci rcular-arc wi ng . 
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Figure 27.- Comparison of pressure distributions over opposite surfaces 
of 9-percent-thick symmetrical circular-arc wing. a, 8.350 ; M, 2.40. 
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(b) Tr ansition fixed . 
Figure 28 .- Concluded . 
NACA Rl1 L50J18 
p 
NACA Rl1 150Jl8 
Separation shock- ---,. 
Laminar boundary layer 
air space 












(a) Smooth wing. 
109 
Figure 29. - Diagrammatic sketch of shock boundary- layer interaction at flap 
t r ailing edge . 
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Figure 29. - Concluded. 
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Figure 30.- Typical experimental movement of separat ion point at hinge line 
with pressure - rise ratio 9 - percent-thick wing; R = 0. 63 X 106 ; 
a from -0. 650 to 1 . 35°. 
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